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RESEARCH MEMORANDUM 

FRFE-FLIGHT  INVESTIGATION  AT  TRANSONIC  SPEEDS OF THE 

POWER-ON C m C T E R I S T I C S  INCLUDING SOME EFFECTS 

OF  SONIC  PROPULSIVE JETS OF A FOUR-ENGINE 

DELTA-WING CONFIGURATION 

By Joseph H. Judd  and  Ralph A. Falanga 

SUMMARY 

A f ree- f l igh t  model of  a delta-wing  configuration  with  four  engines 
mounted two t o  a nacelle below the wing was f l ight   tes ted  with  rocket  
turbojet  simulators  operating from Mach numbers 0.58 t o  1.36 and  from 
Reynolds numbers 39 x lo6 t o  97 x lo6; with  je ts   off   the  Mach numbers 
ranged from 1.20 t o  1.36. Je t -ex i t   s ta t ic -pressure   ra t ios  were about 
2 .7  for j e t -on   f l igh t .  A t  Mach  number 0.58 the wing s ta t ic-pressure 
coeff ic ients  were small and  appeared t o  change l i t t l e  between jet-on and 
j e t -o f f   f l i gh t .  At supersonic  speeds,  jet-on wing pressure  coefficients 
a l ternated between posi t ive and negative  values.   Jet-on  f l ight  at  Mach 
number 1.3 was a t  a nose-down t r i m  angle of a t tack caused by the  pressure 
f i e l a  of t he   j e t .  A positive  increment  in l i f t   c o e f f i c i e n t  w a s  produced 
by the   j e t   p ressure   f ie ld  between jet-on and j e t - o f f   f l i g h t   a t  Mach  num- 
ber  1.3. 

INTRODUCTION 

The study of the   e f fec t  of the flow f i e l d  about a propuls ive  je t  on 
f la t -p la te   p ressure   d i s t r ibu t ion   ( re fs .  1, 2, 3 ,  and 4 )  and on t a i l  sur- 
faces   ( refs .  5 and 6)  has shown that  appreciable  forces and moments  may 
r e s u l t  from jet   in terference.   Since  the  a i rplane flow f i e l d  i s  warped by 
curvature of wing and component interferences,   appreciable  difference  in 
j e t   e f f e c t  may r e s u l t  between  simple f la t  p la tes  and  an airplane  configu- 
ra t ion.  For t h i s   r ea son ,   f l i gh t   t e s t s  of a complete four - je t  bomber model 
were made t o  measure the wing static-pressure  distribution  behind  the j e t  
e x i t s  and t o  compare the changes i n  measured trim of the  configuration 
with  the  loads  induced by the  je t   exhaust .  This invest igat ion w a s  per- 
formed  by the Langley Pilotless  Aircraft  Research  Division as par t   of  a 
program to  study  various  aspects of the   e f fec t  of a sonic  propulsive j e t  



The airplane  configurat ion  selected  for  this t e s t  was a t a i l l e s s  
bomber configuration which had a plane 60' de l t a  wing mounted i n  a 
shoulder  position on a body of  revolution. Four rocket  motors,  modified 
to  simulate  the  exhaust of turbojet  engines  and mounted i n   p a i r s ,  were 
suspended below the wing on pylons. 

The f l i g h t   t e s t  was made a t  the Langley Pilotless  Aircraft   Research 
S t a t i o n   a t  Wallops Island, Va.  The  Mach number range  of  these  tests,was 
from 0.36 t o  1.36 and the Reynolds number range w a s  from 39 x 10 6 t o  
97 x 106 

SYMBOLS 

A 

- 
C 

cP, f 

cP ,W 

CP,W, i 

cL 

La 

CL, T 

c m  

CY 

C 

'Y,T 

cyP 

cross-sectional  area,  sq f t  

wing mean aerodynamic  chord, f t  

fuselage  pressure  coefficient,  Pf - P m  
9 

wing pressure  coefficient,  Pw - Pm 
9 

Wing pressure  coefficient,  where i re fe r s   t o   o r i f i ce  
Pw,i - P m  number, 

9 

l if t-curve  slope,  dCL/G, per deg 

t r i m  l i f t  coef f ic ien t  

Pitching-moment coeff ic ient ,  measured about model center 
of gravi ty  

la teral-force  coeff ic ient ,   Lateral   force/qS 

t r i m  l a te ra l - force   coef f ic ien t  

la teral-force  s lope,  dCy/dp, per deg 
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cma s ta t ic -s tab i l i ty   der iva t ive ,  d&/da, per deg 

Cn yawing-moment coefficient  about  center of gravity 

Cm + C x  longitudinal damping derivatives,   per  radian 
9 

cn13 d i rec t iona l   s tab i l i ty   der iva t ive ,  dCn/dp, per deg 

d j  diameter of j e t  a t  nozzle  exit  

IY moment of i n e r t i a   i n   p i t c h  about model center  of  gravity, 
slugs -f t 2  

moment of i n e r t i a   i n  yaw about model center of gravit3,  
slugs -f t 2  

fuselage  length, f t  

M free-stream Mach number I 

NRe Reynolds number based  on wing mean aerodynamic  chord 

Pe ,n 

Pf 

j e t - ex i t   s t a t i c   p re s su re ,  where n re fers   to  motor number, 
lb/sq f t  

fuselage  s ta t ic   pressure,   lb /sq f t  

pw wing s ta t ic   pressure,   lb /sq f t  

wing s ta t ic   p ressure ,  where i r e f e r s   t o   o r i f i c e  number, 
lb/sq f t  

Po0 free-stream stat ic   'pressure,  lb/sq f t  

PU period of short-period  longitudinal  oscillatAon, sec 
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r 

S 

t 

t l / 2  ,a 

v 
W 

X 

X 

- . _l.'' ac 

z/c' 

aT 

P 

PT 

period  of   la teral   osci l la t ion,   sec  

free-stream dynamic pressure, 3, lb/sq f t  2 
radius  of  equivalent body of  revolution, f t  

t o t a l  plan-form  area,  sq f t  

time  from  launch,  sec 

t ime  required  for  short-period  longitudinal  oscil lation 
t o  damp t o  one -half amplitude,  sec 

t i m e  r equ i r ed   fo r   l a t e ra l   o sc i l l a t ion   t o  damp t o  one-half 
amplitude,  sec 

veloci ty ,   f t /sec 

weight  of model, lb 

longi tudina l   s ta t ion  measured para l le l   to   fuse lage   cen ter  
l i n e ,   f t  

distance from leading edge  of mean aerodynamic  chord t o  
aerodynamic center,  percent mean aerodynamic  chord, 
pos i t ive  rearward 

longitudinal  distance from nozzle   exi t  

longitudinal  distance from leading edge of c' to   cen ter  
of gravi ty  

ver t ica l   d i s tance  from fuselage  center  l ine  to  center of 
gravi ty  

ver t ica l   d i s tance  from exi t   nozzle  t o  wing surface 

angle  of  attack at center  of  gravity, measured  from 
fuselage  center  l ine,  deg 

t r i m  angle of a t tack,  deg 

angle of s ides l ip  a t  center  of  gravity, measured  from 
fuselage  center  l ine,  deg 

trim  angle  of  sideslip,  deg 
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n 

angle of p i tch  a t  model center of  gravity, measured from 
fuselage  center  line, radians 

6 = de/dt  radians/sec 

P a i r  density,  slugs/cu f t  

MODEL AND APPARATUS 

Mode 1 

A three-view drawing  and photographs showing d i f fe ren t  views  of the 
tes t  configuration  are shown i n   f i g u r e s  1 and 2, respectively. The 
basic  geometric  parameters  of  the  test  configuration are given i n   t a b l e  I. 
The present  test   configuration w a s  a modified 60° delta-wing-body combi- 
nation  with  four  simulated  turbojet  engines  arranged i n  two twin-engine 
nacelles and mounted on pylons  suspended from the  lower  surface of  each 
wing panel. The present  test  configuration  thus  represented a four-engine 
delta-wing  airplane  configuration  with no horizontal tai l .  

The tes t   configurat ion was designed t o  have a smooth d is t r ibu t ion  of  
projected  average  cross-sectional  area, assuming air flow  through  the 
nacelles,  a t  M = 1.20 for  the  conditions of j e t  o f f .  The basic  area 
d is t r ibu t ion  used for design of  the tes t  configuration was obtained from 
a parabolic body o f  revolution  with  f ineness  ratio 7.8 and a maximum 
diameter a t  the  60-percent body s ta t ion .  The method of "hoops" described 
in   reference 7 was used to  obtain  the  average  projected  areas of the 
external components of  the  configuration a t  M = 1.2, and these component 
areas were subtracted from the   i n i t i a l   pa rabo l i c  body. Thus, the t es t  
configuration had a contoured  fuselage as shown i n   f i g u r e  1 and coordi- 
nates as shown i n   t a b l e  11. The normal cross-sectional-area  distributiol  
for   the   t es t   conf igura t ion   wi th   nace l le   in le t s   fa i red   to  a sol id   ogival  
nose  and nace l le   in le t s  open are presented i n   f i g u r e  3 .  For the  nacelles 
open, an area r a t i o  of i n l e t   t o   nace l l e   f ron ta l  area of 0.33 was used. 
The basic  parabolic body i s  a l so   p resented   in   th i s   p lo t  and t h i s   a r e a  
d is t r ibu t ion  is  equivalent  to  the  configuration  with  nacelles open. 

I 
I The wing of  the NACA 63A004 a i r f o i l   s e c t i o n  had 60° sweepback on  the 

I leading edge, 10' sweepforward on the   t r a i l i ng  edge with rounded  wing 
t i p s ,  and was located a t  shoulder  height on the  fuselage a t  lo 10 ' i nc i -  
dence angle  to  the  fuselage  center l ine .  The t o t a l  plan-form area was 
24.06 square feet  and the   aspec t   ra t io  was 2.10. Airfoil   coordinates are 
given i n   t a b l e  111. The model had two th in   ve r t i ca l  f i n s  of hexagonal 
a i r f o i l   s e c t i o n   w i t h ' t h e  leading-edge sweepback  60° and the   t r a i l i ng -  . 
edge 49'. 

' 
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The nacelles and pylon are shown i n   f i g u r e  4 and nacelle  ordinates , 
are presented i n  table IV. Basically  the  nacelle  consisted of two con- 
t iguous  boattail   bodies  of  revolution  with  fairing between. The nacelle 
j e t  ex i t s  were located below the wing surface, z/dJ = 1.68 and a t  a 
longi tudinal   s ta t ion  of  0.68 of  the mean aerodynamic  chord. The nacelle 
pylon  of NACA 65~006 a i r f o i l   s e c t i o n  had a sweepback angle  of 67O and 
the  leading edge of  the  pylon  intersects  the  leading edge  of the wing. 
The ordinates of t h e   a i r f o i l  and the mounting ordinates (measured f rom 
the  center  line  of  the w i n g )  are  given i n  table V. 

Turboje t  Simulator 

A drawing  of a typical  turbojet  simulator,  designed  according  to 
reference 8, i s  shown i n   f i g u r e  5. The engines  consisted  essentially of 
a dual headcap, a combustion chamber which housed the  solid  propellant 
and ign i te r ,  a flow-control  nozzle, and a convergent  sonic  exit  section. 
A Cordite SU/K propellant  grain  generated  the  exhaust  gases  to  simulate 
a current  full-scale  turbojet   with  afterburner  operating a t  Mach nwnber 
of 1.20 and an  alt i tude  of 35,000 f ee t .  The j e t  exi t  diameter was 
3.375 inches wi th  a j e t  area  of 0.0621 square  foot and the j e t  base 
diameter was 3.438 inches w i t h  a j e t  base  area  of 0.0645 square  foot. 
The engines had a 5O 5'  conical boa t t a i l  angle  and one nozzle   s ta t ic-  
pressure  tube  per  nacelle. 

Propulsion and Equipment 

In   addi t ion t o  the four  turbojet   simulator  rockets suspended below 
the wing, a HPAG rocket w a s  i n s t a l l ed  a t  the  fuselage  center   l ine  to   pro-  
vide  additional  thrust .  It w a s  necessary to incorporate t h i s  rocket 
(KPAG) i n  order   tha t   the   t es t  Mach  number range  could be achieved. A 
single  6.25-inch Deacon rocket motor was used to  boost  the model t o  high ' 

subsonic  speed.  Figure 6 i s  a photograph  of model and  booster on a 
zero  -length  launcher. 

Instrumentation 

Sixteen  instruments were carried  within  the model. The angle  of 
attack and angle of s ides l ip  were measured by an air-flow  direction 
indicator  located on a s t ing  ahead  of the nose of  the model.  (See f i g .  1.) 
The longitudinal  accelerometer was located a t  s t a t ion  33.0 on the  center 
l i ne  of  the  fuselage;  whereas,  the normal  and transverse  accelerometers 
were located a t  s t a t i o n  69.0, approximately a t  the  center  of  gravity,  and 
about 3.0 inches from the  fuselage  center  l ine.   Eight  static-pressure 
or i f ices  were i n s t a l l e d   i n   t h e  lower  surface  of  the  right w i n g  panel as 
shown i n   t a b l e  V I .  These or i f ices  were i n  l i ne  with  the  center   l ine of 
the  inboard  turbojet  simulator (39.7 percent  of  the wing semispan)  and 
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were located downstream of the  nozzle  exit .  The fuselage  pressure  ori-  
f i c e  was a t  s t a t ion  ll5 and i n  the same horizontal  plane as the  center 
l i ne  of the  fuselage.  This  location is  shown on table V I .  One motor- 
nozzle  static-pressure  orifice was used f o r  each pa i r  of  engines. The 
location of  these motor-nozzle s ta t ic-pressure  or i f ices  i s  shown i n  
f igure 5. 

,I An NACA 10-channel  telemeter,  located i n   t h e  nose section  of  the 
1 fuselage,  continuously  transmitted measurements of  angle  of  attack,  angle 
i' o f  s idesl ip ,  normal accelerations,  longitudinal  accelerations,  transverse 
! accelerations,   fuselage  static  pressure,  and one motor-nozzle s t a t i c  
! pressure, and the  telemeter  intermittently  transmitted measurements of  

one motor-nozzle s ta t ic   p ressure  and eight  wing s ta t ic   p ressures .  Each 
switched  channel had a frequency of  data transmissions  of two cycles  per 
second. 

l 

Ground instrumentation  consisted  of a CW Doppler velocimeter,  an 
NACA modified SCR-584 tracking radar, and a rawinsonde. 

Preflight  Tests 

Before  the model was free-flight  tested,  weight,  center-of-gravity, 
and iner t ia   charac te r i s t ics  were  measured. The model was also suspended 
by shock  chords and shaken by means of  an  electromagnetic shaker t o  
determine  the  structural  natural  frequencies of  the model. The r e su l t s  
from t h e s e   p r e f l i g h t   t e s t s   a r e   l i s t e d   i n   t a b l e  I. 

One of  the  turbojet   simulators used on the   f l igh t  model was stat-  
i c a l l y  tested i n   t h e  Langley rocket tes t  c e l l .  During th i s   p re f l igh t  
tes t  the motor-nozzle s ta t ic   p ressure  and thrust were measured. These 
tes t   resul ts   agreed  with  the motor design  calculations. By using  these 
data and the  existing  sea-level  conditions, a calibration  curve  of  the 
j e t - ex i t   s t a t i c   p re s su re  as a function of the motor-nozzle s ta t ic   p ressure  
was obtained fo r   t he  purpose of evaluating  the  performance  of  the  turbojet 
simulators i n   f l i g h t .  

Fl ight  Tests 

1 (  The model was launched from a zero-length  launcher  (fig. 6 ) .  A 
b single  ABL Deacon rocket motor boosted  the model t o  a subsonic Mach  num- 

ber of  0.645. The booster and the model decelerated f o r  about 1/2 second 
before  the HPAG rocket  and  four  turbojet   simulators  started  thrusting 
simultaneously. The model was accelerated  to  a peak Mach  number of 1.36 

I -  
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a t  which time  the HPAG rocket  stopped  thrusting and the  turbojet  simu- 
lators  continued  thrusting  for  approximately 1/2 second  longer. The 
magnitude of the   th rus t  from the  simulators was not  large enough during 
the  remaining  jet-on  phase  to overcome the drag. After the  simulators 
stopped  thrusting  the model decelerated  and was t racked  unt i l   splash.  
Jet-off  pressure-distribution data were obtained  during  the  decelerating 
fl ight  before  separation  of model from booster and after turbojet  simu- 
lators  stopped  thrusting.  Jet-on data were obtained  during  the  f ir ing 
of the HPAG rocket  and  turbojet  simulators. The model w a s  d is turbed  in  
p i tch  when: (1) the  HPAG rocket and simulators  started  thrusting, 
(2 )  the madel passed  through a Mach  number of 1.0, ( 3 )  the B A G  rocket 
stopped  thrusting,  and (4)  the  simulators  stopped  thrusting. The model 
w a s  d i s turbed   in  yaw when: (1) the B A G  rocket and simulators started 
thrust ing and (2)  the simulators  stopped  thrusting. The time h i s to r i e s  
of model velocity, Mach number,  dynamic pressure,  and air density are 
shown i n   f i g u r e  7. The var ia t ion of the Reynolds number (based on w i n g  
mean aerodynamic chord)  with Mach  number for jet-on  and  jet-off  f l ight 
i s  presented i n   f i g u r e  8. During je t -on   f l igh t   the  model weight, moment 
o f  i n e r t i a   i n   p i t c h  and yaw, and the  longitudinal and ver t ical   locat ions 
of the  center of gravi ty  changed as the  rocket   fuel  burned. The varia- 
t ions  of  these  quantit ies  with time are  given i n   f i g u r e  9. The var ia t ion 
of  the r a t i o  of jet-exit  s ta t ic   pressure  to   f ree-s t ream  s ta t ic   pressure 
with Mach  number for   the  turbojet   s imulators  is shown i n   f i g u r e  10. 

Analysis 

Model velocity,  obtained  with  the  velocimeter, w a s  corrected  for 
f l ight-path  direct ion and wind velocity  obtained from  rawinsonde  measure- 
ments. Measurements of  the  air-flow  direction  indicator were corrected 
according  to  the method of  reference 9 f o r  model pitching  velocity. 
Accelerometer corrections due to   pi tching rate were negligibly small. 

The method of obtaining l i f t  and longi tudina l   s tab i l i ty   coef f ic ien ts  
and derivatives from transient  longitudinal  disturbances i s  given i n  ref- 
erence 10. Reference 10 u t i l i z e s  two degrees  of  freedom - pi tch  and 
v e r t i c a l  displacement. An examination of the  f l ight   records  indicated 
t h a t  over most of  the t e s t  range  there  appeared t o  be no interact ion 
between the la teral  and  longitudinal  oscil lations  of model; thus  the  sep- 
aration  of  the two  modes of   osci l la t ion was just i f ied.  

RESULTS AND DISCUSSION 

Wing Pressure  Coefficients 

The variations  of w i n g  pressure  coefficients  with Mach  number for 
jet-on and je t -off   f l ight   are   presented i n  f igure 11. Since the model 
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had negative l i f t  and nose-down pitching moment, the model dived  into 
the ocean  sooner  than  expected; thus, the  je t -off  lower Mach number  was 
l imited t o  1.20. Jet-off data from M = 0.56 t o  0.58 were obtained 
during  coasting  flight  before  the model separated from the  booster. 
Before separation  the trim angle  of  attack of the  model-booster combi- 
nation was -4.0°; whereas  immediately af ter   separat ion when the  rocket 
motors  of  the model f i red,   the  t r i m  angle of a t tack was -1.2'. Orifice 

only w i n g  pressure  orifice  that   indicated  an  appreciable  difference  in 
wing pressure  coefficient  (from  jet-off c ~ , ~  = -0.03 to   j e t -on  

o r i f i ce s  2 t o  8 were small and masked by the   d i f fe rence   in  wing angle  of 
a t tack which should  increase  the  pressure  coefficients by 0.03 ( r e f .  11 
a t  M = 0.40). The difference between jet-on and je t -off  wing pressure 
coeff ic ients  i s  more pronounced a t  supersonic  speeds. 

I I! 
1 
/ number 1 which was located  approximately a t  the  exit   nozzle was the 

cp,w = 0.13). The changes i n  wing pressure  coefficient  indicated by wing 

Appreciable  changes i n  wing pressure  coefficients  with Mach  number 
during  jet-on  f l ight were noted at   transonic  speeds.  These changes are 
caused by the  increased  efficiency of transmission of  pressure  disturb- 
ances from t h e   j e t  through  sonic  and  supersonic  streams. The abrupt 
changes i n  wing pressure  coeff ic ients   noted  a t   or i f ices  3 ,  4, 7, and 8 
were caused by the  passage  of  shock waves over   the  or i f ices .   In   general  
it can be s t a t ed   t ha t  chordwise wing pressure  coefficients above t h e   j e t  
are  approximately  the same magnitude a t  subsonic  speeds  as  jet-off  values 
since  disturbances from shock waves within  the  jet   are  not  propagated  to 
the wing. A t  supersonic  speeds  the wing pressures  appear  to  vary  propor- 
t ionately  as  the  pressure  along  the  jet  boundary. This corresponds t o  
the   j e t   in te r fe rence  on  a f l a t   p l a t e   ( r e f .  3 ) .  

The exhausting of  a  gas j e t   o u t  of  a sonic  nozzle a t  a j e t   s t a t i c  
pressure somewhat greater  than  free-stream  static  pressure i s  charac- 

reference 12. These j e t  expansions  and  recompressions  cease f o r  a sonic 
! t e r ized  by the  expansions  and  recompressions  of  the j e t  as  described i n  

I j e t  exhausting  into a s t a t i c  or subsonic  stream  as  the  ratio of j e t   t o t a l  
li I t o   s t a t i c   p re s su re  approaches tha t   for   sonic  flow  and  cease f o r  a sonic 
'I" j e t  exhausting  into a supersonic  stream when t h e   j e t   t o t a l  t o  s t a t i c  

1 of the shock wave  when t h e   i n i t i a l  expansion  of  the j e t  from the  nozzle 
! comes in  contact  with  the  supersonic  stream w i l l  be ca l led   the   ex i t  

I shock,  whereas any shock waves or ig ina t ing   in   the  j e t  and penetrating 

81 i pressure  ra t io  approaches t h a t  of  the  supersonic  stream. The formation 

t h e   j e t  boundary w i l l  be ca l led  je t  shocks. 1 1; The variations  of  jet-on wing pressure  coefficients  along  the wing 
b chord above the  inboard  jet   engine  are  presented  in  f igure I 2  for   severa l  
il Mach numbers. A t  subsonic  speeds  (fig. 12( a)  ) pressure  coefficients  vary 1, 

along  the wing chord as i n  a standing wave and are  similar to   the   p res -  
sure  distribution  along  the j e t  but   are  of much smaller amplitude. A t  



Mach  number 0.9 ( f ig .   12(a) )   compress ib i l i ty   e f fec ts  become apparent and 
a strong  disturbance  occurred at X / d j  near 4. "his disturbance is  due 
to   t he  second j e t  shock  and  tends to   decrease   in  magnitude  as  the Mach 
number increases.  (See f igs .   12(b)  and ( c ) . )  A t  Mach  number 0.95 
( f ig .   12(b) )   the  f i rs t  j e t  shock wave a t   x /d j   near  1.7 s t a r t s   t o   p r o -  
duce a s t rong   e f f ec t  on the wing pressure  dis t r ibut ion.  This first  je t  \ 

shock continues  to produce a strong  disturbance  to Mach  number 1.30. The 
expansion  of  the j e t  a t  the  exit   causes a compression in  the  surrounding 
stream  and a large  increase  in  pressure  coefficient  over  the test  Mach 
number range. However, the  forward  location of t he   ex i t  shock  cannot be 
dete'rmined u n t i l  a t  the  higher Mach numbers ( f i g .   1 2 ( c ) )  because  of wing 
or i f ice   loca t ion .  A t  Mach  number 1.30 the  prof i le   of  wing pressure  coef- 
f i c i e n t  resembles t h a t  on t h e   f l a t   p l a t e   ( r e f .  3 ) .  

The jet-off  variations  of  pressure  coefficients are also shown a t  
Mach  number 0.58 ( f i g .   1 2 ( a ) )  and a t  Mach number 1.30 ( f i g .   1 2 ( c ) ) .  A% 
M = 0.58  the  je t -off   pressure  coeff ic ients   ( f ig .   =(a))   are  lower  than 
the  jet-on  values. However, the   d i f fe rence   in  trim angle of  at tack 
between jet-on and j e t - o f f   f l i g h t   a t  M = 0.58 was -2.8O, and reference 11 
indicates   that   the   difference i n  t r i m  angle of a t tack  would account for   the 
d i f fe rence   in  wing pressure  coefficients.  A t  M = 1.30, the  difference 
between je t -off  and je t -on   pressure   coef f ic ien ts   ( f ig .   12(c) )   a l te rna tes  
between positive  and  negative  values  along  the wing chord. However, the 
difference  in  angle  of  at tack between jet-on and j e t - o f f   f l i g h t  was lAO. 
This difference  in  angle  of  attack  produces  an  increment  of  approximately 
0.068 i n  pressure  coeff ic ient .  A comparison  of the  difference between j e t -  
on  and je t -off   pressure  coeff ic ients  a t  M = 1.30  and t h a t  of  reference 3 
a t  M = 1.39 shows that the  general  shape  of  the  pressure  distributions 
is similar,   but  the  present data have greater  positive  increments  because 
of the  incl inat ion of t h e   j e t  toward  the  wing. > 

Fuselage  Pressure  Coefficient 

The var ia t ion of a fuselage  pressure  coefficient  with Mach  number i s  
p lo t t ed   i n   f i gu re  13. A t  the maximum Mach  number of  these  tests,   there 
was 1/2  second when the  fuselage  rocket  stopped  firing and the wing motors 
continued.  Since  both  fuselage  and wing motors f i r e d   t o  this Mach number, 
it is  only  possible   to   isolate   the  effects   of   the   fuselage and the wing 
rockets a t  M = 1.35. However, the  positive  values of pressure  coefficient 
below M = 1.0 were probably due to   the  pressure  f ie ld   of   the   fuselage 
motor.  (See r e f .  13.) The decrease above M = 1.0 with Mach number  was ' 

probably a r e s u l t  of  the  base shock wave  moving rearward on the  fuselage 
because of the  increasing  energy of the  external  f low  field.  However, a t  
M = 1.35 no change in  fuselage  pressure  coefficient w a s  observed when the 
fuselage motor s topped  f i r ing.  

i 
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Airplane Aerodynamic Characterist ics 

The longitudinal aerodynamic character is t ics   obtained from these 
t e s t s  ( c ~ ,  c L,Y C t1/2 ,a, Pa, Xac J and Cm + C%) are   p lo t ted  

in   f i gu res  1 4  t o  20. A small amount of l a t e ra l   da t a  was also  obtained 
(var ia t ion of Cy with p and var ia t ions of Cy Pp , Cnp, and 

t1/2,p with M and p lo t ted  i n  f igures  21 t o  25. It should be empha- 
s ized  that   the  model had  a f i n  below the  fuselage which was used t o  cut  
down on any  Dutch r o l l  tendency  of the  configuration. Thus t h e   l a t e r a l  
coefficients  obtained do not  represent  those  for  an  airplane  configuration. 

) 
P "  

Airplane' Trim 

The trim angle of a t tack and trim angle of s i d e s l i p   a r e   p l o t t e d   i n  
f igure 26 as  a function of Mach number, and the trim l i f t  and l a t e r a l -  
force  coeff ic ients   are   plot ted as a function of Mach  number i n   f i g u r e  27. 
The values of PT and CY,T were small  through  the  test Mach number 
range. The differences between jet-on and j e t -o f f   f l i gh t  were small and 
va r i ed   i n  magnitude  about  the  accuracy of the j3 indicator .  With j e t -  
on, the model trimmed at   negative  values of a varying from - 1 . 2 O  t o  
-2.8O. The th rus t   l i ne  of the  nacelle motors was located below the  center 
of gravity of the model and, therefore,  the thrust gives a nose-up pitching 
moment. A t  M = 1.3 the nose-up  pitching-moment coeff ic ient  due to   the  
thrus t  i s  0.0023. 

The change i n  pitching-moment coefficient  of  the  airplane  can be 
obtained by using trim l i f t  coeff ic ients  and t r i m  angles  of  attack  together 
with values of CLa and C%. A t  M = 1.3 the  airplane  experiences a 

nose-down pitching moment of -0.016 from jet-off  to  jet-on  condition. 
Since  the nose-up thrust pitching moment i s  a l s o  included,  the  actual 
pitching-moment  change due t o   t h e   j e t   p r e s s u r e   f i e l d  i s  -0.018. 

Similarly  the change i n  l i f t  of the wing can be obtained by using 
q, CL,TJ and C h .  Again at Mach  number 1 . 3  the l i f t  increment due t o  
the   j e t   p ressure   f ie ld  i s  approximately  0.034 a t  angles of a t t ack   c lose   t o  
0'. By using  these  values of ACL and ACm, the  center  of  pressure  of 
the  je t   pressure f ie ld  was found t o  be located 0.53E rearward  of  the  center 
of gravi ty  and the j e t  e x i t  i s  located 0.42E rearward  of  the  center  of 
gravity.  This  rearward  location  of  the  center of pressure  of  the je t -  
induced  pressure f ie ld  is caused  by the  conical nature of  the  f low  field 
about  the  jet   exhausts.  The in te rsec t ion  of t h e   j e t  shock  with  the wing 
( f ig .  12) caused  an  increase i n  wing pressure  coefficient and  contributed 
the  major  portion of the l i f t  increment. This increase i n  pressure  coef- 
f i c i e n t  sweeps rearward  inboard and outboard of the  engine  nacelles  and 
moves the  center of pressure  rearward. - 
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The trim angle of attack  decreased a t  M = 1.0 when the jets were 
operating. There a re  a t  least two causes : one the  tendency  of unsym- 
metrical  models t o  change t r i m  angle  of  attack a t  transonic  speeds  and 
the  other  the  effect   of  the  propulsive jet .  Because the  je t -off  data 
were incomplete,  the magnitude  of the contribution  of  each  cannot be 
determined. 

SUMMARY OF RFSULTS 

A rocket-propelled model o f  a four-engine  delta-wing  configuration 
was f l igh t   t es ted   over  a Mach  number range  from 0.58 t o  1.36 and  Reynolds 
number range from 39 x lo6 t o  97 x LO6. Four rocket  motors,  modified  to 
simulate  the  exhaust  of a turbojet ,  w i t h  afterburner were mounted i n   p a i r s  
on pylons hung below the wing. Jet-exit   static-pressure  ratios  over  the 
t e s t  range were about 2.7. 

Pressure  coefficients  obtained on the w i n g  downstream  of an  engine 
nozzle  indicated that wing s ta t ic-pressure  coeff ic ients  changed very 
l i t t l e  between jet-on and j e t -o f f   f l i gh t  a t  Mach number 0.58. As t ran-  
sonic  speed was reached,  appreciable changes in   j e t -on  wing pressure 
coefficients  occurred. A t  supersonic  speeds  the j e t  produced  jet-on 
pressure  coeff ic ients   a l ternat ing between pos i t ive  and negative  values 
along  the wing chord as observed i n  previous  tes ts  on a f la t  p la te .  

A t  Mach number 1.30 jet-on f l i g h t  produced a nose-down trim  angle 
of a t tack  due to   p i tch ing  moment induced on the wing by the  je t   pressure 
field.   Operation  of  the  jet  a t  Mach  number 1.30 also  caused a posi t ive 
increment i n  l i f t  coef f ic ien t  between je t -on  and  je t -off   f l ight .  

Langley Aeronautical  Laboratory, 
National  Advisory Committee for  Aeronautics, 

Langley Field,  Va., May 9, 1957. 
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TABLE I . . GEOMETRIC PARAMETERS OF CONFIGURATION 

Wing : 
T o t a l  plan-form  area. sq f t  . . . . . . . . .  
Aspect r a t i o  . . . . . . . . . . . . . . . .  
Taper ra t io  . . . . . . . . . . . . . . . . .  
Leading-edge sweepback angle. deg . . . . . .  
Mean aerodynamic chord. f t  . . . . . . . . .  
Dihedral. deg . . . . . . . . . . . . . . . .  
Incidence  angle  (with  respect t o  model center 
NACA a i r f o i l   s e c t i o n   p a r a l l e l   t o   f r e e  stream 

span. f t  . . . . . . . . . . . . . . . . . .  

Trailing-edge  sweepforward  angle. deg . . . .  

. . . . . .  . . . . . .  . . . . . .  . . . . . .  . . . . . .  . . . . . .  . . . . . .  . . . . . .  
l i n e )  . deg . . . . . .  

. .  . .  . .  . .  . .  . .  . .  . .  . .  . .  

24.06 
7. 10 
2.10 

0 
60 
10 

4.52 
0 

10 10' 
65A004 

Fuselage : 
Length. f t  . . . . . . . . . . . . . . . . . . . . . . . . .  10 
M a x i m u m  frontal   area.  sq f t  . . . . . . . . . . . . . . . . .  0.716 
Fineness ra t io  . . . . . . . . . . . . . . . . . . . . . . .  10.47 
Base area. sq f t  . . . . . . . . . . . . . . . . . . . . . .  0.171 
Indentation Mach number . . . . . . . . . . . . . . . . . . .  1.2 

Nacelles : 
Overall  length. f t  . . . . . . . . . . . . . . . . . . . . .  4.01 
Base area. sq f t  . . . . . . . . . . . . . . . . . . . . . .  0.065 
Jet-exit  area  per  engine. sq f t  . . . . . . . . . . . . . . .  0.062 
B o a t t a i l  angle. deg . . . . . . . . . . . . . . . . . . . . .  5 0 5 '  
Maximum frontal   area.   nacelles.  sq f t  . . . . . . . . . . . .  0.314 
Vertical  distance from a i rp lane   cen ter   l ine   to  

nacelle  center  l ine.  f t  . . . . . . . . . . . . . . . . . .  0.236 

St ru t  : 
NACA a i r fo i l   s ec t ion   pa ra l l e l   t o   f r ee   s t r eam . . . . . . . .  65~006 

Horizontal  distance from airplane  center   l ine  to   s t rut .  
Leading-edge  and trailing-edge sweepback angle. deg . . . . .  67 

percent of  semispan . . . . . . . . . . . . . . . . . . . .  45.8 
Vert ical   f in   (both f i n s ) :  

Aspec t r a t io  . . . . . . . . . . . . . . . . . . . . . . . .  2.48 
Taper ra t io .  Tip  chord/Root  chord . . . . . . . . . . . . . .  0.418 
Area. sq f t  . . . . . . . . . . . . . . . . . . . . . . . . .  3.785 
Airfoi l   sect ion . . . . . . . . . . . . . . . . . . . .  Trapezoidal 

Trailing-edge sweep. deg . . . . . . . . . . . . . . . . . .  Leading-edge sweep. deg . . . . . . . . . . . . . . . . . . .  60 
49 

Wing-body first bending  frequency.  cps . . . . . . . . . . .  79 
Wing-body second  bending  frequency.  cps . . . . . . . . . . .  96 
Wing-body t h i r d  bending  frequency.  cps . . . . . . . . . . .  198 
Wing bending  frequency.  cps . . . . . . . . . . . . . . . . .  244 

General : - 
. 
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TABLE 11. - FUSELAGE ORDINATES 

[Fl dimensions  are in inches] 

1 

X I 
0 
.200 
.400 
1.000 
2.000 
6.000 
10.000 
14.000 
18.000 
22.000 
26. ooo 
30. ooo 
33.687 

38. ooo 
46. ooo 
50. ooo 
58.000 
62.000 
66. ooo 
70.000 

78.000 
82.000 
86.000 
90. ooo 
94.000 
98.000 
102.000 
106. ooo 
110.000 
114.000 

34.000 

42.000 

54.000 

74.000 

115.200 
118.000 
120.000 

r 

0 
.0b2 
.084 

.410 
1.198 

2.634 

3.884 
4.438 
4.948 

5 .bo0 

.206 

1.938 

3.282 

5 -290 

5.610 
5.675 
5.745 
5.705 
5.545 
5.115 
4 695 
4.335 
4.100 
3 .goo 
3.800 
3.780 
3.780 
3.900 
4.080 
4.180 
4.160 
4.010 
3.700 
3.364 
3.270 
3.000 
2.800 



TABU 111. - WING ORDINATES 

r A l l  dimensions are  in  inchesj   coordinates of  a i r f o i l  
sect ion  taken  a t  26.21 percent of semispan1 

- 

L x 4  

X 

0 
.300 
.450 
-750 
1.500 
3 .ooo 
4.500 
6.000 
9.000 
12.000 
15. ooo 
18.000 
21.000 
24.000 
27. ooo 
30. ooo 
33.000 
36.000 
39,000 
42.000 
45.000 
48.000 
51.000 
54.000 
57.000 
60. ooo 

Y 

0 
.187 
-277 
.289 
394 
.526 
.637 
-730 
.a78 
989 

1.074 
1.136 
1.177 
1.198 
1.198 
1.171 
1.120 
1.045 

,950 
.840 
.716 
.580 
437 
.294 
.149 
.005 

Leading-edge radius = 0.061 
Trailing-edge  radius = 0.006 
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T ! l X  IV.- NACELL;E ORDINATES 

[a1 dimensions  are in inches; 
x = o at  nacelle  nose tip] 

I I f r  

I 

X 

0 
.250 
.625 
1.000 
2.000 

4.000 
3.000 

5.000 
6 .ooo 
7.000 
8.000 
9.000 
10.000 
38.064 
39.064 
40.064 
41.064 
42.064 
43.064 
44.064 
45.064 
46.064 
47.064 
47.626 
48.064 

r 

0 - 175 
.440 
,668 
1.170 
1.562 
1.855 
2.100 
2.271 
2.400 
2 - 495 
2 550 
2 - 594 
2.594 
2 594 
2.549 
2.447 
2.344 
2.242 
2 139 
2.038 
1.938 
1 837 
1.760 
1.71.9 

Y 

0 
.200 
,360 
.520 
.876 
1.180 
1.410 
1 590 
1.730 
1.830 
1.880 
1 91-5 
1.938 
1 938 
1.885 
1.836 
1.795 
1.543 
1 383 
1.212 
1.016 
.784 
479 

0 
""- 
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TABLE V. - PYLON ORDINATES 

bll dimensions a r e   i n  inches] 

Section A - A  

Mounting ordinates  taken 
from wing center   l ine  

0 
.221 
* 331. 
552 

1.104 
2.207 
3 311 
4.414 
6.621 
8.828 

11.035 
13.242 
15.449 
17.656 
19.863 
22.070 

26.484 
28.691 
30.898 

24.277 

0 
137 

.167 

.212 

.290 - 387 

.469 

.537 

.646 

.728 
790 

.836 

.866 

.881 

.881 

.862 

.824 
769 
699 

.618 

Airfoil coordinates 
sect ion A-A 

X 

0 
.145 
.218 
.363 
725 

1.450 
2.178 
2.900 
4.350 
5.800 
7.250 
8.700 

10.150 
11.600 
13.050 
14.500 
15.950 
17.400 
18.850 
20.300 

23.200 
24.650 
26.100 
27 550 
29. ooo 

21.750 

Y 

0 
.135 
.163 
.208 

,381 
.462 
529 

.637 
-71.7 
-779 
.824 
.854 
.869 
.868 
.848 
.810 
755 

.686 

.605 - 515 

.417 

.314 

.210 

.107 

.038 

.284 
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TABU VI.- WING ORIFICES 

[Located a t  39.68 percent of semispan] 

Wing pressure  orifices 

Fuselage  pressure  orifice 

0.0151 

1.643 
.964 

2.304 
3.072 . 

3.720 
4.490 
5.150 
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Figure 1.- Three-view  drawing of test  configuration. All dimensions are i n  inches. 
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(a) Three-quarter  front view of 
model from top. 

( b )  Three-quarter rear view of 
model from top. 

(c) Three-quarter  front view of 
model from below. 

(d) Three-quarter rear v i e w  of 
model from below. 
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(a) Equivalent body of  revolution  for model. 
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(b)  Cross-sectional area dis t r ibut ion for model. 

Figure 3 . -  Equivalent body of revolution and cross-sectional area d is t r ibu t ion   for  model. 

I 
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Figure 4.- Drawing of nacelle and pylon. All dimensions are   in   inches.  



Nozzle static-pressure 
Pressure  equalizer 
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tube. 

nac :elles "7 
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Conical boattail 
Head cap (dual type) 

LFIOW control nozzle 
Top view 

Figure 5.- Drawing of turbojet  simulator. All dimensions are   in   inches.  
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Figwe 6.-  Model and booster on launcher. L-91901 
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(a)  Variation of velocity and Mach  number with time. 

Figure 7.- Time history of free-stream test   conditions.  
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(b) Variation of density and dynamic  pressure  with  time. 

Figure 7. - Concluded. 
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(a)  Variation of model weight and moment of i n e r t i a  with time. 

Figure 9.- Variation of model quantit ies  during  f l ight test .  
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(b) Variation of model  center of gravity with time. 

Figure 9. - Concluded. 
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Figure 10.- Variation of motor exit-pressure  ratio  with Mach number. 
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Figure 11.- Variation  of  wing  pressure  coefficients with Mach number. 
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Figure 12.- Variation  of  jet-on and je t -off  wing pressure  coefficients.  



,2 

. I  
Y 

I I I I I I I  
\- L l  I I I I """"""""""""- """"""""_ _" 

'.\,- Jet on 

0 

-. I 
I 

"""""~""""""""""""~~" """""""""""" 

1 

I 
I I I 
I I 

-.2 
.6 .7 .8 .9 1.0 1 . 1  I. 2 1.3 1.4 

M 

Figure 13 . -  Variation of fuselage  pressure  coefficient  with  Mach  number. 
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Figure 14.- Variation  of  lift  coefficient  with  angle  of  attack f o r  jet-on and jet-off'  flight. 
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Figure 1.5.- Variation of l i f t -curve slope with Mach number. 
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Figure 16. - Variation of  pitch  period of short-period  oscillation  with Mach number. 
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Figure 17.- Variation of pitching-moment-curve slope with Mach number. 

Figure 18. - Variation O f  aerodynamic center with Mach number. 
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Figure 19. - Variation of time t o  damp t o  1/2 amplitude of the  short-period  oscil lation 
with Mach number. 
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Figure 20.- Variation of damping derivatives  in  pitch  with Mach number. 
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Figure 21.- Variation of lateral   force  coefficient  with  angle of yaw f o r  jet-on 

and j e t -o f f   f l i gh t .  
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Figure 22.- Variation of lateral-force  slope  with Mach number. 
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Figure 23.- Variation of yaw  period  with  Mach  number. 
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Figure 25. - Variation of time t o  damp t o  1/2 amplitude i n  yaw with Mach number. 
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Variation of trim angle of attack with Mach number. 
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(b) Variation of trim angle of sideslip with  Mach number. 

Figure 26.- Variation of trim  angles with  Mach number. 
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(a) Variation  of  trim  lift  coefficient with  Mach number. 
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(b) Variation  of  trim  lateral-force  coefficient with  Mach number. 

Figure 27.- Variation  of trim force  coefficients with  Mach number. 
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